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TECHENICAL NOTE NO, 1295

WIND-TUNNEL INVESTIGATION OF THE ATR LOAD DISTRIBUTION
ON TWO COMBINATIONS OF LIFTING SURFACE AND FUSELAGE

By Carl A. Sandahl and Samusl D. Vollo
SUMMARY

Wind~tunnel measurements have hesn made of the alr load
distribution on a canard-type model. Two combinations of
lifting surface and fuselage, representing appreciable variation
of lifting-surface span relative to fuselage diameter, were
obtained by removing separately the wing end stabilizer of the

model. The tests also included mesasurements of lift, drag, - . ST

and pltching moment for several configurations. The results . @
shoy that, for the configurations tested, the spanwise loadings ~
on the combinations agreed falrly well with the loadings calcu-
lated by Lennertz's method.

INTRODICTION

A theoretical approach to the problem of lifting-surface-
fuselage interference is given in reference 1 in which the span-
wise loading is obtained for & lifting line intersecting the
center line of an infinitely long circular cylinder. This
anelysis predicts a decrease in the spanwise loading over the
fuselage and a reduction in totel 1ift as compared with the’
gpanwise loading and 1lift of the wing alone at the same angle of
attack. Measurements of the 1lift of a large number of wing-
fuselage combinations (reference 2) indicate, however, that
the 1lift of the wing-fuselage combination is more nearly equal
to the 1ift of the wing alone. Over-all 1ift measurements of
wings and wing-fuselage combinations, however, do not defineg

- . the spanwise load curve. The purpose of the present investigation

1s to present date relating to the measured snd calculated gpan-
wige loadings on two combinations of 1lifting surface and fuselage
having apprecisble variation of span relative to fuselage diamster.
The tests included measurements of pressure distribution, 1ift,
dragy; and piltching mement for several model configurations over

a range of angles of attack at sseveral yaw angles.
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SYMBGLS

P~ Po
pressure coeffliclent 3
o

gection load derivative for horizontal surfaces '’

normal-force coefficient (N/q,S)

1ift coefficient (L/q,S) |

total drag coefficient (D/q.S)

profile-drag coefficient (Ib/qos)

drag coefficient based on stabiiizér area (D/q.Sg)
1ift cogfficieﬂt based on vtabllizer area -(L/q,Ss)
pitching-mement ceefficient (M/q Sc) °

local static pressure '

free-gtream static pressure

free-gtream dynamic pressure

n&rmal force

ife - - . -

.. total drag

profile drag
wing .ares (19.86 sg ft) e e

stabilizer arsa (4.06 sg ft)

- wing mean aerodynamic chord (1.87 £t)

local wing chord ’ —
wing span (11.00 Ft) ) Co -

stabilizer span (4.62 £t)-.
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A espect ratio

1 . fuselage length (15.98 ft)

o .angle of atiack, degrees

¥ angle of ysw, positive when nose is displaced to

right, degrees

@ angulay position of generatrix of fuselage body of
revolution, measured from the vertical plane of
symmetry, degrees . -

a i fuselage dlameter at quarter chord_&f wing

dg fuselags diameter At quarter chord of stabilizer

X longitudinal coordinate parallel to fuselage center
line .

¥ lateral coordinate perpendicular to plane of symmétry

Z vertical coordinate perpendicular to X,y plane
APPARATUS AND TESTS

The test model used was constructed of plywood and was
finished to a falr aercdynamlic surface. The general arrange-
ment of the model is shown in figure 1. The wing, 'stabilizer,
and vertical tall were removeble from the fuselage, which was
a body of revolution. ALl control surfaces were set. at neutral
end the gaps were sealed for this investigation.

The model was mounted in the Langley propeller-research
tunnel on the eix-ccmponent-balance system as shown in figure 2.
The model was attached at the center of gravity to a single
support strut by means of a.universal fitting which permitted
the setting of pitch and yaw angles. Motlon in pitch was
restrained by a "nose" wire, the lower end of which was attached
to a balance to allow the measurement of pitching moments. The
tunnel balence system was used to measure lift and dreag.

The preasure distribution on - the fuselage was. obtained by,
orifices flush with the surface and arranged as shown in figure 1.
Chordwise pressure distributions on the right wing panel and the
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left stabilizer panel were measured by means of pressure belts.
On the basis of the results reported in references 3 and 4, the
belt method of pressure-distribution messurement is considered
to be of sufficlent accuracy for the present investigation.

The investigation consisted of measurements of 1ift, drag,
pitching moment, and pressure distributions over a renge of
angles of attack from -2° to 16° and at angles of yaw of +lO°
159, and 0°. The unsymmetric distribution of fuselage orifices
necesgltated tests at equal positive and negative angles of yaw
in order to obtain complete fuselage pressure distributions.

At zero yaw, the pressures at points at equal angular displace-
ment from the vertical plane of symmetry are considered tc be
equal. The following configurations were tested and are desig-
nated herein as follows: : -

Configuration Deslgnation

Fuselage with wing, stabilizer, and vertical tail FWST

Fuselage with wing and vertical tail FWT

Fuselage with wing W

Fuselage with stabillzer and vertical tall FOT
B

Fuselage alons

The test velocity was varied from 80 to 100 miles per hoyr
corresponding to a Reynolds number range from 1.4 to 1.7 X 10
bazsed on the wing mean aerodynamic chord of 1.87 feet.

RESULTS

The results are presented in filgures 3 to 10. Corrections
for Jet-boundary effects have been applied to the angle of attack
and the drag coefficlent. The tare drag was estimated and has
been applied to the measured drsg.

The fuselage pressure distribution for different angles of
attack and yaw for configurations ¥ and FWST are shown Iin
figures 3 to 5. The pressure distributions for the wvarious
positions of the generatrix of the fuselage were obtalned by
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cross-plotting the pressure distributions measured at the various
longitudinal etations of the fuselage. The pressure distributions
in the plane of symmetry for configurations F, FST, and FW are
given in figure 6

The spanwise loading curves for the wing and stabilizer
are given in figures 7 and 8. Outboard of the fuselage the
4(N/q,)

section load derivative ——EEf—m was obtained by integrating

chordwlse pressure distributions msasured at three stations slong
the semispans of the wing and stabilizer., The fuselage: section
loadings .induced by the wing were obtained by superimposing
fuselage pressure-distribution curves for configurations F |

and FW drawn for the vertical plane of symmetry and for a
parallel plene displaced 5 inches. The total difference in thse
areas of the pressure diag:ams for the two confwguratlons wes

d(N/qo)
then used in computing the secticn load derivatiye e

. o ay-
ldentical procedure utilizing configurations F and FST waus
used in computing the load induced on the fubelage by the
stabilizer.

The variation of lift, drag, and pitching-moment coefficients
with angle .of attack for several configurstions 1s shown in’
figure 9. Measurements for caonfiguration FST at, ¥ = 0° are
not available; the curves for this configuration were Sbtained
by extrapolating tests at ¥ = ¥5° .and *10°. . The coefiiclents
are based on wing dimensions regerdless of configuration.

DISCUSSION

Fuselsge pressure distribubiion.- Although isoclation of the
effects of the individusl components is not possible, the general
manner in which the lifting surfaces affect the. distribution of
. pressure on the fuselage is shown in figures 3 to 5. In general,
the main effects of the wing or stabilizer are limited to. the
immediate vicinity of the fuselage Jjunctures of the wing and
gtabilizer. The distance along the fuselage over which the = __
fuselage pressure distribution is materially affected by elther
the wing or stabilizer ié shown more clearly in figure 6 to be
aepproximately a distance of one chord shead of the leading edge
and one chord behind -the trailing edge of each of ithe components.
Defining these limits is difficult, Inasmch as the pressure- _
distribution curves for the different configurations are asymptotic
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Spanwisge loadings .~ The measured and calculated spanwise
load distributions are shown in figures T and 8. The spanwise
load distributions predicted by the theory (reference 1) are in
agreement with the measured spanwise load digtributions. The
agreement wag particularly good for the configuration FST,
for which the conditions assumed in deriving the theory were
more nearly fulfilled. In deriving the theory, the fuselage
is assumed to be infinite in length and at zero angle of attack,
the wing axis and fuselage axis are assumed +o lnterssct, and
the loading is consldered to be such that the induced drag is
a minimam. In additlon, the wing chord should be comparatively
small with respect to the span and the fuselage dlameter should
not be small in comparison with the wing chord. It has been
suggested from theoretical considerations thet the loss in load
over the lifting-surface in the vicinity of the fuselage would
be regained on the fuselage, where it is tapered to finite length;
however, no such Increase in load over the rear of the fuselage
vas measured in these tesits, probably because of fuselage boundary-
layer effects. Evidence of appreciable fuselage boundary layer
is indicated by the pressure-distribution curves of configuration F
(fig. 6(a)), which show that almost no negative 1lift is develored
over the rear of the fuselage. This lack of negative 1ift over
the rear of the fuselage probaebly accounts, in part, for the lack
of agreemsnt betwesn the calculated and messured pitching-moment
coafficients of figure 9. The calculated pitching-moment coef-
ficlients in thils figure for configuration F were made by the
method of reference 5.

Induced drag.- The induced-drag coefficients associated with
the measured spanwlse loadings on the wing and stebllizer were
computed by the method of reference 6 and are shown in figure 10.
Substantlially the seme induced-drag coefficients were obtalned
from a 6-point and a 1l0-point Fourier series determination; thus,
a sufficient number of points were indlcated to have been utilized
in the analysis.

A comparison (fig. 10(a)) of the induced-drag coefficlent
computed from the measured spanwise loadings on the wing-fuselage
combinastion and the minimmm induced-drag coefficient for the
combination computed from the method of reference 1 indicates
a reduction in effective aspect ratio of 19 percent as a result
of distortion of the measured spanwise load distribution from
the ldeal load distribution for the combination. Good agresment
exlets betwsen the induced-drag coefficlent obtained from the
force tests and from the measured spenwise loadings.

A similar comparison (fig. 10(b)}) for the stabilizer-
fuselage combination indicates exact agreement between the
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induced-drag coefficient computed from the measured spanwise
loadings and computed from reference 1. The exact agreement
for this configuration results from the good agreement between
. the measured and calculated spanwise load distributions.

CONCLUSIONS,

- Results of an experimental investigation to determine the
spenwise loading for several combinations.of fuselage and
lifting surface showed reasonsble agreement between the measured
loadings and the calculated loadings obtained by Lennertz's method.

Langley Memorial Aeroneutical Laboratory
National Advisory Committee for Aeronautics
Lengley Field, Va., February 19, 1947
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